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SUMMARY 

The effect of hi^-pressure tailpipe exhaust ducts having ratios 
of length to inside diameter L/D of 0, 10, and 15 on the perform- 

ance of solid-propellant rocket motors has been evaluated from thrust- 
stand tests. Boundary- layer development is found to reduce the effec- 
tive nozzle throat area, for mass-flow considerations, from its value 

for ^ = 0 by 3.3 percent for ^ = 5, 5-1 percent for ^ = 10, and 

6.4 percent- for ^ = I 5 . Development of the boundary layer is found not 

to be proportional to pipe length but to diminish, apparently because of 
heat extraction, for increasing L/D ratios. A direct result of the 
reduction of effective throat area is an increase in chamber pressure, 
the magnitude being dependent on the type of propellant burned. For JPN, 
the composition used in the present investigation, the increases in 

chamber head pressure over that obtained for ^ = 0 13*4 percent 

for - = 5 , 21.4 percent for - = 10 , and 27.6 percent for — = I 5 . 

D D D 

Higher operating pressures result in a decrease in burning time of 
8.8 percent for ^ = 5 ^ 13.2 percent for ^ = 10 , and I 6.3 percent for 

^ = 15 , and increases in the mass rate of flow of 9-6 percent for ^ 

15.2 percent for ^ = 10, and 19-5 percent for ^ = I 5 . Friction and 

heat transfer result in duct losses but these are completely overwhelmed 
by the increase in chamber pressure so that resultant average thrust 

increases of 6.4 percent for ^ 10.9 percent for ^ = 10 , and 
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14.2 percent for ^ = 15 are obtained. Duct losses become evident, 
however, in reductions of total and specific impulse from their values 
for t = 0. These average 3*0 percent for ^ = 5^ 3-7 percent for 

^ = 10 , and 4.4 percent for L = 15 . 


INTRODUCTION 


Rocket-powered aircraft using solid-propellant rocket motors as 
propulsive units pose a problem not usually encountered in types of air- 
craft employing liquid fuels. In the latter type, the combustion chamber 
and nozzle may be placed at the tail end of the aircraft, for proper jet 
clearance, and the separate fuel tanks conveniently installed elsewhere 
in the fuselage to achieve a desired center-of-gravity location. The 
solid-propellant type, however, is characterized by a fuel supply which 
is an integral part of' the combustion chamber and no such distribution 
of component parts is possible. Forward positioning of the rocket motor 
due to center-of-gravity considerations results in a need for a duct to 
convey the rocket exhaust gases to the tail end of the fuselage. Ducts 
used for such purposes are called tailpipes or blast tubes. A low- 
pressure tailpipe consists of a cylindrical, constant-area duct attached 
to the exit section of a convergent-divergent nozzle. It conveys gases 
at low pressures and supersonic velocities. A hi^-pressure tailpipe 
consists of a cylindrical, constant-area duct inserted between the con- 
vergent and divergent sections of a nozzle. It forms, in effect, an 
extension of the nozzle throat and conveys gases at high pressures and 
velocities in the vicinity of sonic speed. 

The high gas velocities, temperature, and, in the case of high- 
pressure tailpipes, pressures which tailpipes are subjected to during 
rocket operation influence the nature of the aerodynamic and thermo- 
dynamic losses within the duct. Attendant boundary-layer development 
will also affect rocket operation. The consequent effects of these 
factors upon rocket performance parameters such as burning time, oper- 
ating pressure, thrust, mass rate of flow, and specific impulse are of 
interest to the rocket designer. Results of tests of low-pressure tail- 
pipes are reported in reference 1. The present investigation, conducted 
by the Langley Pilotless Aircraft Research Division, is concerned with 
the effect of the variation of high-pressure tailpipe length-to-diameter 
ratio on solid-propellant rocket-motor performance. 
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SYMBOLS 

geometrical cross-sectional area^ sq in. 
effective cross-sectional area^ sq in. 
burning rate^ in. /sec 
discharge coefficient^ sec”^ 

thrust coefficient 

coefficient in burning rate equation 
geometrical inside diameter of tailpipe^ in. 
thrust, lb 

acceleration due to- gravity, ft/sec/sec 
boundary- layer shape parameter 
total impulse, lb-sec 
specific impulse Ib-sec/lb fuel 

ratio of burning surface to throat area 
length of tailpipe, in. 
free-stream Mach number 
instantaneous mass rate of flow, Ib/sec 

average mass rate of flow, lb/ sec 
rate of gas generation, Ib/sec 

exponent in burning rate equation 
static pressure, Ib/sq in. abs 
gas constant, ft/^R 


i 


Reynolds number 
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r geometrical inside radius of tailpipe, in. 

5 burning surface, sq in. 

T free-stream temperature, °R 

t time, sec 

t-jj burning time, sec 

V free-stream velocity, ft/sec 

w expended weight of propellant, lb 

7 ratio of specific heats 

6* displacement thickness, in. 

6 momentum thickness, in. 

p free-stream density, Ib/cu in. 

p« density of solid propellant corrected for gas density in 

chamber, Ib/cu in. 

Subscripts: 

A space average 

a atmospheric 

E exit 

H head (closed) end of chamber 

N nozzle end of chamber 

T throat 


APPARATUS AND TESTS 

Simple convergent nozzles as illustrated in figure 1(a) were tested 
as the = 0, or reference, runs. Three such tests were made. 
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Hi^-pressure tailpipes as illustrated in figure 1(b) were formed 
by attaching ducts of equal and constant inside diameter to the thrOat 
section of similar convergent nozzles. The length of these ducts was 
varied to provide L/D ratios of 5^ 10, and I5. Two tests of each 
L/D ratio were made. 

The mass of metal present to extract heat from the gas stream will 
undoubtedly affect duct losses and, to be consistent in keeping L/D 
the only variable, this mass must vary only through changes in pipe 

length, not wall thickness. All tailpipes were consequently of ^ - inch 

wall thickness, for it was determined from previous firings of hi^- 
pressure tailpipes that this was the minimum practical thickness for 
structural considerations. 

For all tests, the divergent section was eliminated for ease of 
fabrication, since only an absolute evaluation of the effect of extending 
the nozzle throat was desired. 

Navy HVSR, Mk. 3, rocket motors employing cruciform-shaped JPN pro- 
pellant were used in all tests. Since the initial propellant temperature 
is an important factor in the determination of the burning rate of the 
powder, every effort was made to fire all charges at the same tempera- 
ture, 70° F. The rocket motors were assembled and conditioned for 
approximately 5 hours in a temperature-controlled box to a temperature 
of 70° F. 

Static-thrust time histories were obtained for each run by firing 
the rocket motors mounted in a thrust stand where the deflection of a 
beam, proportional to the thrust exerted, was measured by electrical 
strain gages and a recording galvanometer. Pressures at the forward 
and rearward ends of the chamber and at the exit section of each tail- 
pipe were measured and similarly recorded using electrical pressure trans- 
mitters which convert pressure impulses to electrical in5)ulses by means 
of electrical strain gages. Timing marks were indicated on the records 
by an electrical timer incorporated in the system. 


PRELIMINARY OBSERVATIONS 


Figures 2 to 5 show typical thrust and pressure time histories for 
each run. The abrupt change of slope near the end of each run indicates 
the cessation of orderly burning and any succeeding reaction is considered 
to be made up of the burning of small particles of powder left in the 
chamber and the exhaust of the combustion gases. Only the portions of 
each run up to this time, termed the "burning time" and indicated by a 
dashed line on each figure, are considered in this investigation. 
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Figure 6 is a cross plot of the data presented in figures 2 to p. 

Additional information pertinent to each run may be found in 
tables I and II. The values of the powder constants shown in table I 
were obtained from reference 2. The value of total impulse shown in 
table II is defined as 


I 



F dt 


( 1 ) 


and the specific impulse as 


where w^ the expended weight of propellant in the burning time t-^^, is 

taken as 9® percent of the original weight of the powder charge (ref. 3)« 
Average thrusts and pressures shown are found directly from integration 
of the thrust and pressure time histories and the average mass rate of 
flow is given by 


Consideration of these figures and tables reveals that the following 
preliminary observations may be made concerning the effect of tailpipe 
length on rocket performance: 

(1) As the tailpipe length is increased^ operating pressures, 
thrusts, and mass rates of flow increase and the burning time decreases. 

(2) From figure 6, it may be seen that for any fixed value of oper- 
ating pressure, increased tailpipe lengths yield decreasing values of 
thrust . 

(3) The magnitude of this thrust loss at a fixed pressure decreases 
between subsequent runs as L/D is increased. In other words, duct 

losses are apparently greater in going from ^ D ~ ^ than in 

going from ^ = 5 "to ^ = 10 or from L = lo to ^ = 15* 

Additional observations which are not indicative of changes in 
pgj*f*oniiance due to the use of tailpipes, but which will affect analysis 
of the entire investigation are: 
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(la) Due to inherent differences, even in powder grains taken from 
the same lot, the weights and burning surfaces of the charges varied 
slightly from run to run. 

(2a) Due to metal erosion, the throat area changed during each run. 

A comparison of initial and final areas (after firing) is shown in 
table II and is manifested in figure 6 by the fact that the portion of 
each curve representing descending pressures does not coincide with that 
for ascending pressures. That this erosion undoubtedly progressed at a 
different rate for each L/D is implied by the variation of slopes 
between runs in figure 6 and by noting that the curves in figures 2 to 5 
do not parallel each other. 

(3a) The combined effect of (la) and (2a) above is to cause appreci- 
able variation in pressures, thrusts, mass rates of flow, and burning 
time even in runs of the same L/D. Specific impulse, a quantity which 
is independent of these variations’, shows close agreement, however, for 

the three runs’ with ^ = 0. 

(4a) For the tailpipe iims the specific impulse varies erratically 
with L/D and also shows scatter between runs of comparable L/D. In 
all cases but one it is higher in value than the specific impulse 

obtained for the reference runs = 0^. This is in contradiction to 

expectations, for duct losses must result in a decrease in specific 
impulse. A check shown in table II indicates that for all runs with 
tailpipes, final thrusts (at time t^) per unit pressure, per unit 
throat area (as measured after firing) were higher than initial unit 
thrusts (at time 0.05 sec). This, coupled with the increases in specific 
impulse, points to an added phenomena encountered in the tailpipe runs - 
expansion beyond throat conditions, with subsequent higher exit velocities 
and hence impulse. This could be due to enlargement of the exit and for- 
mation of a throat inside the pipe as a result of erosion, or to a sudden 
decrease in. boundary- layer thickness at the exit with consequent formation 
of an "effective" divergent section, or to a combination of both effects. 

Examination of the tailpipes after firing revealed that in all cases 
they had eroded in the following way. Diameters after firing were largest 
at the nozzle entrance section and traveling downstream the diameter 
decreased gradually, until for about 1 inch before the exit it remained 
fairly constant. The exit itself was rounded off and it appeared that a 

slight "bell-mouthing” had taken place. ^ The final result was a long 
slightly convergent section with a small divergence at the exit. 


4his condition had been specifically guarded against in the fabri- 
cation of the tailpipes and was not present at the start of any run. 
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In view of the larger final areas at the pipe entrances, and since 
the combustion gases are hottest in this region, it is not unreasonable 
to presume that erosion commenced at these sections first. Molten metal 
and scale from this region traveling down the pipe would serve to effec- 
tively reduce areas farther downstream - a condition which must have 
continued until these downstream sections became heated enough so that 
they too began to erode and increase in area. A sequence of events such 
as this could explain the fact that in figure 6 the initial ascending 
portion of each tailpipe run has a lower slope than the corresponding 

portion of the run with ^ = 0, indicating a reduction of some factor 

with time, probably throat area. ^ Later in each run, the slopes increase 
as was pointed out under 2a, undoubtedly coinciding with the start of 
erosion at downstream stations. 

In summation, it is now evident that variables other than L/D 
have entered the investigation and must be accounted for in order to 
isolate the effect of tailpipe length on rocket performance. These 
variables are: differences in powder grain wei^t and burning surface, 

nozzle erosion, and, in the tailpipes, expansion beyond throat 
conditions. 


ANALYSIS 


Since all solid-fuel rocket motors operate at chamber pressures 
well above that required to exceed the critical pressure ratio, choking 
conditions exist at the minimum nozzle section or throat. For the 
simple rocket nozzle, if isentropic flow is assumed between the head 
(closed end) of the chamber where the Mach number is zero, and the nozzle 
throat where the Mach number is unity, the ratio of pressures between 
these two stations is 



(h) 


p 

Another investigator (ref. 4) found upon testing rockets with long 
ducts connecting chamber and nozzle (not an extended throat, but actually 
a ’’nozzle-entrance extension”) that throat areas decreased during a run. 
He gives no adequate explantion of this phenomenon. 
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If free-streeun properties are assumed to apply across the full 
geometrical cross section of the nozzle, the continuity equation defines 
the mass rate of flow as 

m = pVA (5) 

The energy and momentum equations lead to the equation for the 
thrust developed by a rocket motor (ref. 2) 



(^E " ^a)^E 


(6) 


The first term of the right-hand side of equation (6) is the momentum 
thrust and the second term pressure thrust. Expansion of the gas to 
atmospheric pressure throu^ a divergent section reduces the second term 
to zero and the increased thrust developed is due to the increased 
momentum of the jet. 

Using the continuity equation (5), the perfect gas law 


P = pET 


(T) 


and expressing velocity in terms of Mach number and the speed of sound 


V = M\/7gET 


( 8 ) 


equation (6) may be rewritten 


F = rPjiAgMj,^ + (^E “ ^a)^E 


(6a) 


Thrust may also be written in terms of a thrust coefficient as 


F - CpAipPjj 


(9) 
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Combining equations (6a) and ( 9 ) 
ficient is defined as 


it can be seen that thrust coef- 


Pg A^ E Pg Ay Pg Ay 


( 10 ) 


For the special case where the throat is the exit, as in a convergent 
nozzle, and Vg = Vy, Ag = Ay, Pg = Py, and Mg = My = 1, equation (6a) 

may be written sin5)ly as 


F — yPyAy * 4 * 


(^T ■ ^a)^ 


(6b) 


and equation (lO) as 


C 


F 




(lOa) 


where the ratio is defined by equation (4) for the isentropic 

case. 


Equation ( 5 ) may be written in terms of a discharge coefficient as 


m — 


( 11 ) 


This discharge coefficient defines the mass rate of flow possible when 
a given powder composition is burned in a rocket motor having unit throat 
area and unit chamber head pressure. Ideally, it is a function only of 
the thermodynamic properties of the gas generated by combustion of that 
powder. However, due to factors such as incon5)lete combustion and heat 
transfer in the chamber, an experimental discharge coefficient will 
differ from this ideal. Since previous investigators have found that 
for the powder used in this investigation the discharge coefficient is 
constant throughout any run (ref. 5), Cj) may be defined by integrating 
equation (11) to yield 
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Cj) - 


w. 


.0 


A,pPjj 


dt 


( 12 ) 


Substitution of experimental values in the right-hand side of equa- 
tion (12) will then yield an experimental value of Cjj. 

Since the weight of propellant consumed in the burning time equals 
m dt, specific impulse, from equations (l) and (2) may also be 
written 

Is = ^ (13) 

m 



When equation (I 3 ) is combined vith equations (9) and (11), it will be 
seen that specific impulse is also given by 



( 14 ) 


The burning rate of the povder is a function of the space average 
pressure in the chamber 


b = cPa^ 


where the space average pressure is defined as (ref. 2) 




(16) 


The rate of gas generation is given in terms of burning surface, 
corrected powder density, and burning rate by 


mg = Sp'b 


(17) 
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and since to maintain equilibrium the rate of gas generation must equal 
the rate of discharge, equations (11) and (l?) may be used to define 
the ratio of burning surface to effective throat area K as 


_S_ ^ 

Aip p * b 


( 18 ) 


The space average pressure in the chamber is a function of the 
pressure drop from head to nozzle entrance, and, for a fixed chamber 
configuration, this drop should be about the same for all runs. The 
ratio should therefore be the same also. In this investigation, 

P^/Pjj averaged 0.993* Using this factor and equation (15) ^ equa- 
tion (l8) may be rewritten for the present runs as 


' K = 


Ct^P, 


1-n 


D^H 


cp’ (0.993)"" 


(18a) 


A powder grain parameter K has therefore been defined in terms of the 
thermodynamic properties of the gas and chamber head pressure. The 
former are constant for a particular powder composition so that K is 
seen to be a direct ejqoonential function of pressure. Depending on the 
value of the exponent in the equation, slight changes in either of the 
factors making up K (S or A/p) may result in appreciable changes in 

pressure. 

The equations just outlined served to define any quantity at any 
time that may be desired in the analysis of the runs with ^ = 0. 

Flow throu^ a high-pressure tailpipe, however, cannot be analyzed 
in the same fashion, for the long throat extension must introduce appre- 
ciable friction and heat-transfer effects. Any relation founded on 
isentropic flow between chamber and throat must be discarded. 

Free-stream properties can no longer be assumed to apply across the 
full geometrical cross section. Friction forces slow down the flow in 
regions near the pipe walls, and, in effect, the main stream or core of 
flow may be considered as being thrust away from the physical walls by 
the boundary layer. The effective thickness of this boundary layer for 
mass-flow considerations is termed the displacement thickness 6*. 
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The continuity equation must now take into account the mass-flow 
deficiency encountered in this boundary layer if it is to be written in 
terms of free-stream properties. The mass-flow deficiency is given by 


Am = pV2jtr6* 


( 19 ) 


so that equation (5)^ for the tailpipe case, is modified to 


m = pV(A - 2jtr6*) • 


(5a) 


From mass-flow considerations then, it may he seen that an effec- 
tive throat area may he defined in terms of the geometrical throat 

area Ajp as 


Arp* — Ajp — 2j(rtp&tji* 


( 20 ) 


Though an effective throat be formed in a tailpipe by the boundary layer, 
rather than the physical walls, it must still, using free-stream prop- 
erties and the powder constants already established, satisfy all equa- 
tions previously established for the conventional nozzle. An effective 
throat area A^' as defined by equation (20) must now be used in place 
of the geometrical throat area A^ in equations (5), (H), (12), and (l8). 

(See summary of Consultation Memo 8, Dec. 19^7; by H. S. Tsien in ref. 6, 
pp. 41-43.) 

The thrust equation (6a), if it is to be written in terms of free- 
stream properties, must similarly he modified to account for the momentum 
thrust deficiency in the boundary layer. The effective thickness of the 
boundary layer for momentum thrust considerations is now increased over 
that used previously for mass-flow considerations by a factor termed the 
momentum thickness 8. The momentum thrust deficiency, as derived in the 
appendix, is given by 


AmV = pV^2«r(6* +9) (21) 

or 

AmV = 7gFM^2rtr(S* + 9) (21a) 
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so that the thrust equation (6a), for the tailpipe case, is modified to 


F = 7Pe^e^(^E - 2rtrE5E* - 2rtrE0E) + (?£ - Pa)AE (6c) 


No deficiency factor . appears in the pressure thrust term of the thrust 
equation because pressure across the boundary layer is assumed uniform 
and equal to the pressure in the main stream, as is commonly done in 
boundary- layer investigations. 

To arrive ultimately at an equitable comparison of the tailpipe 
fluH reference runs, it is necessary to solve, for the value of throat 
pressure P^i for the tailpipe runs. It is not possible to proceed 

beyond the present point, however, without some assumptions. It is 
assumed, therefore, that the effective throat, although inside the pipe, 
is fairly near the exit and that isentropic relations may be used to 
link free-stream quantities between throat and exit. No assumption of 
isentropicity is made, it will be noted, for flow between chamber and 
throat, where it is believed that most losses occur. 

The continuity equation in the form shown in equation (5a) is used 
to obtain the ratio of effective exit to effective throat area 


Ag - 2jtrg6E* 
Aiji — 2jtriji5iji* 





7+1 

2(7-1) 


%7 


( 22 ) 


A second assumption is that the boundary- layer shape parameter H 
defined as 

H = ^ (£3) 

C7 


has a constant value of 1.4 as in reference 7* 

Having established Cj) and Sj* simultaneous solution of equa- 
tions (6c), (22), and (23) will yield values for unknowns Mg, Sg*, 
and if the free-stream Mach number at the effective throat section 

is assumed to equal unity. 
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It is now possible to solve for throat pressure from 



(2k) 


and to form the ratio comparison with the same ratio found 

for the runs with ^ ~ 0 from equation (4). 

Temperature and velocity in the effective throat may now be found 
from equations (5a) ^ (7)^ and (8). 

Duct losses may be lumped into coefficient fonn by basing a thrust 
coefficient^ as defined in equation ( 9 )^ on geometrical throat area. 

Similarly^ boundary- layer effects on the mass rate of flow may be 
summed up in the fonri of a pipe discharge coefficient by using geomet- 
rical throat area in equation (11). 

Because of the erosion discussed previously^ the variation of pipe 
cross-sectional area with time is an unknown. Only initial and final 
measured areas are available. In addition^ somewhere during each run 
the pressure tap at the exit station closed up due to metal flow. Values 
of measured exit pressure were reliable only during approximately the 
initial 0.1 second of burning. In view of these two factors^ solving 
for throat pressure^ using the equations ,iust outlined^ was possible 
only for a point early in each run^ 0.05 second, where the pipe diameter 

was assumed to still have its original unfired value^ and where exit 
pressure was known. The time O.O 5 second was arbitrarily picked for all 
runs since by then ignition effects seemed to have been dissipated and 
orderly burning initiated. 

Instantaneous mass-flow rates were found at 0.05 second from equa- 
tion ( 17 ) having measured the original burning surface prior to each run 


^Firings of similar tailpipes with thermocouples installed yielded 
values of inside wall temperature at 0.05 second of the order of 700^ F. 
It is unlikely that temperatures of this order of magnitude could have 
caused metal flow. Correction for thermal expansion of the pipes proved 
negligible. 
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and assuming that its variation with time followed a pattern determined 
from the runs with’ ^ = 0 the particular propelleint configuration 

concerned. 

It is thus evident that for the tailpipe runs the ratio P>r/% was 

established at a point early in each run. The error involved in 
eD 5 )loying this method, rather than one based on values of quantities 
averaged over the entire run, will be small if changes in skin- friction 
and heat-transfer coefficients as the heat content of the pipe walls 
increases are not significant. 

Using the equations and assumptions outlined, the following quan- 
tities which are completely independent of all variables except L/D 

may be found for each run: for the runs with ^ thrust coefficient, 

discharge coefficient, specific impulse, and the ratio Pt/%J for the 

tailpipe runs, pipe discharge coefficient, throat displacement thickness, 
and the ratios and Sj*y'L. 

Once having established these fundamental qusmtities, they were used 
with the same equations to recompute all performance changes of interest 
to the designer under a set of equivalent conditions for all runs, L/D 
being the only variable. Unit geometrical throat area, an expended pro- 
pellant weight of 10 pounds, and 200 square inches of burning surface 

were used for all cases, ^ and throat conditions were made equal to exit 
conditions. 


RESULTS AND DISCUSSION 


Table III lists the values of the quantities found for each run 
which are independent of variables other than L/D. It will be seen 
that runs of similar L/D show excellent agreement. Hence, what at 
first seemed to indicate rather widely scattered experimental results 
may be attributed to the unavoidable injection of extraneous variables 
into the investigation in the form of powder grain differences and nozzle 
erosion. 

The recalculated performance characteristics, for a standard set of 
conditions, using averages of the basic quantities shown in table III, 

_ 

These values were picked only to arrive at pressures, thrusts, and 
so forth of the same order of magnitude as obtained experimentally. 

Unit values of all quantities could have been used just as well. 
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are presented in table IV. These represent the only true comparison 
that can be made, for all expended propellant weights and burning sur- 
faces are the same, and expansion takes place only up to throat condi- 
tions. Any change in performance is solely a function of tailpipe 
length. 

The designer will undoubtedly never use a high-pressure tailpipe 
without incorporating an expansion cone, so these quantities do not 
represent the absolute values expected for a practical application. 
However, since what occurs after the throat section is independent of 
the length of a high-pressure tailpipe, a comparison of values between 
the different L/D’s is indicative of the net change to be expected. 

In view of this, figures 7 to 11 show the percent change with L/D of 
the various performance characteristics. These percentages are based on 
the values obtained for a zero- length tailpipe. 

It will be seen from figure 7 that boundary- layer development causes 
reductions in the effective throat area which, in turn, increase the 
value of the ratio K. The immediate effect of this change in K is to 
effect a percentage change of chamber head pressure of almost four times 
the percent change of K. This is a direct result of the value of n 
in the exponent of equation (l8a) being equal to 0.73 for the powder 
used, JPN. Depending on the value of n, it may be seen that slight 
changes in K may result in considerable changes in pressure. 

An Immediate effect of the increase in chamber pressure is evident 
from figure 8. Hi^er chamber pressures with accompanying higher burning 
rates result in shorter burning times and increased mass- flow rates. 

Figure 9 illustrates the effect of duct losses. Friction and heat 
transfer reduce the ratio as well as the temperature, and hence 

velocity, in the effective throat. 

Figure 10 shows the change in total thrust as well as its con 5 >onents, 
momentum thrust, and pressure thrust. Despite the duct losses shown in 
figure 9, it can be seen from this figure that the increase in operating 
pressure because- of throat reduction completely overwhelms the losses and 
considerable Increases in thrust are obtained. Much larger increases in 
pressure thrust than in momentum thrust are noted. This leads one to 
believe that heat losses, with their attendant lowering of temperatures 
and hence jet momentum, may play a more significant role in tailpipe 
losses than does skin friction. Figure 10 also indicates the effect of 
pipe losses in reducing total and specific impulse. 

Pipe thrust and discharge coefficients which sum up in coefficient 
fonn the effect of duct losses are presented in figure 11. 
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Figure 12 shows that the value of the ratio 8 t*/L decreases with 
tailpipe length. This effect may be explained if for purposes of dis- 
cussion the simplified assumption is made that the ratio 6«p*/L is 

defined as for a flat plate in incon5)ressible flow (ref. 8) 


5 ^* 

IT 


k 



( 25 ) 


where k is a constant. For longer tailpipes, and therefore greater 
heat extraction, temperatures and viscosities at the throat section will 
decrease. This will increase the Reynolds number and consequently 
reduce 5ip*/L. It thus appears possible that with enou^ heat extraction 

boundary- layer thickness may be reduced despite longer pipe lengths 
available for its growth. 

Changes in rocket performance due to varying high-pressure tailpipe 
length have been investigated for a particular propellant composition 
having given powder and gas constants. The percent change in the 
ratio Pt/Pr ratio 6 t*/L will vary with L/D according to 

figures 9 and 12, respectively, for most rocket gases having similar 
Reynolds numbers. It will be seen, therefore, that using the equations 
outlined and these two basic quantities (plus an experimental discharge 
coefficient established from reference runs) the designer may evaluate 
performance changes to be expected by increasing the tailpipe length of 
any given rocket-propellant combination. 


CONCLUSIONS 


The following conclusions may be drawn from the experimental 
investigation of the effect of hi^-pressure tailpipe length on the 
performance of solid-propellant motors for rocket-powered aircraft: 

1. Development of boundary- layer results in a reduction of effec- 
tive throat area for mass flow from its ^ = 0 value for increasing 

tailpipe lengths. This reduction amounts to 3»3 percent for p “ 

5.1 percent for ^ = 10, 6.U percent for ^ = 15. 

2. These changes in effective throat area result in increases in 
the ratio K, for a constant propellant configuration of 3.5 percent 

^ = 5, 5.4 percent for ^ = 10, and 6.8 percent for ^ = 15 . 
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3. For a propellant with a burning rate exponent n of 0.73^ 
the increases in the ratio K result in increases of chamber head 

pressure of 13.4 percent for g = 5^ 21.4 percent for ^ = 10, and 
27.6 percent for ^ = 15* 

4. Increases in operating pressure with resultant higher burning 

rates reduce the burning time by 8.8 percent for ^ = 5^ 13*2 percent 

for ^ = 10, and I6.3 percent for ^ = I5. 

5. Shorter burning times with a fixed amount of propellant to be 
consumed result in increases in mass-flow rate of 9.6 percent for 

^ 15.2 percent for ^ = 10, and 19 -5 percent for ^ = 15. 

6. Friction and heat-transfer losses reduce the ratio of throat to 
chamber head pressure by 3>2 percent for ^ ~ 5^ 4.1 percent for ^ = 10, 

and 4.9 percent for ^ = 15- Temperature in the effective throat is 

reduced by 6,3 percent for ^ ~ 5^ 8.0 percent for ^ = 10, and 9-5 per- 
cent for = 15. The corresponding drop in velocity is 3-2 percent 

for p “ 5^ ^"1 percent for ^ = 10, and 4.9 percent for ^ = I5. 

7. Pipe losses are completely overwhelmed by the increases in 
chamber pressure and resultant increases in thrust of 6.4 percent for 

^ = 5^ 10.9 percent for ^ = 10, and 14.2 percent for ^=15 are 
obtained. 

8. The losses become apparent in causing reductions in total and 
specific impulse of 3.0 percent for ^ = 5; 3*7 percent for ^ = 10, 

and 4.4 percent for ^ = I5. 

9. Summing up boundary- layer effects in coefficient form results 
in: 

(a) A reduction of a pipe thrust coefficient of 6.2 percent for 
t = 5, 8.6 percent for ^ = 10, and 10.5 percent for ^ = 15 
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(b) A reduction of a pipe discharge coefficient of 3*3 percent for 
^ = 5, 5.1 percent for ^ = 10, and 6.4 percent for ^ = 15 

10 . The effect of greater heat extraction for longer tailpipes is 

to reduce the rate of growth of throat displacement thickness by approxi- 
mately 24 percent for ^ = 10 and 37 percent for ^ = 15 based on the 

value obtained for ^ ~ 

11 . From these results, it may be concluded that high-pressure tail- 
pipe lengths in the L/D range investigated may have marked effects on 
solid-propellant rocket performance. Performance changes, though not 
radically affected by friction, may be significantly altered by the 
reduction in effective throat area caused by the boundary layer build- 
up. The large Increases in chamber pressure obtained for even a small 
throat reduction make this factor of special importance in cases where 
peak chamber pressures must be controlled for structural considerations. 


Langley Aeronautical Laboratory 

National Advisory Committee for Aeronautics 
Langley Field, Va. 
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APPENDIX 


DERIVATION OF EQUATION (21) FOR MOMENTUM THRUST DEFICIENCY 

In this derivation the following symbols, in addition to those 
previously defined, apply: 

y distance normal to pipe axis 

6 hoTxnd ary- layer thickness 

Py variable density in y-direction (a variable only in the 

boundary layer) 

Vy variable velocity in y-direction (a variable only in the 

boundary layer) 

As before, p and V eire free-stream (constant) density and velocity, 
respectively. The following diagram refers to a symmetrical round pipe. 
The origin of the y-axis is taken at the center line of the pipe. 



s 
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For the case in question, the displacement thickness may be defined 
as (referring to the diagram) 

and the momentum thickness as 



Momentum thrust deficiency = (Momentum thrust if density and velocity 
were constant across pipe and equal to free-stream values) - (Actual 
momentum thrust with density and velocity variable) 


-AmV = pV^ra-2 


PyVy^2Jiy dy 


Considering the second term of the right-hand side of the above equation, 
it may be rewritten as .... 



PV 


2 PyVy^ _ py2 


pV^ 


PV 


+■ pV^ 


!ik- 

pv 


pV^ + pv^)2jty dy 


which may be rearranged as 



- PV^^I 




pv , 


+ pv^ 


> 2Tty dy 
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Expanding integration limits 



In interval of integration between 0 and r - 6, Py = p, and Vy - V, 
so that integrands for these limits become zero. 


Rewriting, and multiplying and dividing first and second terms 
by r, the expression becomes 



The expression may be rewritten as 

pV^(2irr0 + 2itr6* + itr^) 
The momentum thrust deficiency is then 


-Z^V = pV^Jtr^ - pV^2jtr0 - pV^2itr6* - pV^nr^ 


or 

Z^V = pV^2rtr(6* + 0) 
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TABLE I 

POWDER CONSTANTS FOR JPN PROPELLANT FROM REFERENCE 2 


Coefficient in biorning rate equation for 70° F firing 

temperature, c (fig. 6-1) i 

Exponent in burning rate equation, n (table 6-1) 
Corrected density of propellant, p', Ib/in.^ 

(table 6-1 and ch. 3) 

Ratio of specific heats for exhaust gases, y 

(calculated as per appendix 8) 

Gas constant for exhaust gases, R> ft/°R (ch. 2) . . 


0.0044 

0.73 

0.0586 




Y OF CERTAIN EXPERIMENTAL RESULTS 
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TABLE III 

QUANTITIES FOUND EXPERIMENTALLY WHICH ARE DEPENDENT ONLY ON ^ 


(a) For reference runs. 


Quantity 

first test 

second test 

third test 

^F 

1.231 

1.231 

1.231 



0.00720 

0.00721 

0.00721 

IS) sec 

1 

170.9 

170.9 

170.8 

.... 

0.5611 

0.5611 

0.5611 

% 





(13) For tailpipe runs. 


Quantity 

II 

§■ 5 . 

§ = 10, 


B- 15 , 

5 - 15 , 


first test 

second test 

first test 

second test 

first test 

second test 



0.00696 

0.00697 

0.0068)4^ 

0.00684 

0.00674 

0.00673 


0.0099 

0.0098 

0.0150 

0.0152 

0.0187 

0.0191 

V in. 

0.00168 

0.00166 

0.00127 

0.00128 

0.00105 

0.00107 

L ^ in. 






h 

% 

0. 5^*24 

o. 5 i ^38 

0.5387 

0.5376 

0.5338 

0.5338 
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TABLE IV 

RECAIilULATED PERFORMANCE CHARACTERISTICS BASED ON 
AVERAGES OF THE QUANTITIES LISTED IN TABLE III AND A STANDARD SET OF 
CONDITIONS: UNIT GEOMETRICAL THROAT AREA, 10 POUNDS OF EXPENDED 

FROPELLANT WEIGHT, 200 SQUARE INCHES OF BURNING SURFACE, AND NO 
EXPANSION BEYOND THROAT CONDITIONS 


Quantity 5 "° h ^ ^ 


5 ip*/L, in./in. 0 O.OOI67 0.00128 O.OOIO6 

6 t*, in 0 0.0094 0.0144 0.0179 

Aij', in. 2 . 1.000 O.967 0.949 0.936 

K ... 200.0 206.9 210.8 213.6 

Pjl, Ib/sq in. abs 1378 1563 1673 1758 

A, ib/sec 9-93 10.89 11.44 11.86 

t|j, sec . . 1.007 0.919 0.874 0.843 

Pt/Ph 0.5611 0.5431 0.5382 0.5338 

Cj. 1.233 1.157 1.127 1.104 

Cj), sec“^ 0.00721 0.00697 0.00684 0.00674 

F, lb .... 1700 1808 1886 1941 

I, lb -sec 1712 . 1661 1648 1637 

Ig, sec ..... 171.2 166.1 164.8 163.7 

Tt, °R 4126 3866 3796 3735 

Vt, ft/sec 3052 2954 2927 2903 

Momentum thrust, lb , 94 l 974 1000 1017 


Pressiire thrust, lb 759 834 886 924 








(b) High-pressure tailpipes, 


L 

D 


5, 10, 15. 



Figiire 1.- Test configurations. All dimensions are in inches. 








NACA^ 
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roat area, K ratio. 



f flow, burning time. 
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Figure 9.- Percent change with L/D of pressure ratio, and temperature 

and velocity. in effective throat. 



Figure 10.- Percent change with L/D of total thrust and its components, 

and total and specific impulse. 
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Figure 11.- Percent change with L/D of pipe thrust and discharge coef- 
ficients based on geometrical throat area. 
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Figure 12.- Change in 



rate of growth of displacement thickness at throat 
section with L/D. 
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